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CONTENTS IN BRIEF 


The .present report contains the results of a series 
of observations obtained for & wing; .of symmetrical profile 
for different angles of yaw. The shock tunnel with 
O.ipri * 0.4m cross section, of the Institute for Gas 
Dynamics at L.F.A. - Braunehweig was available for this 
work. 

The profile used was a 9 percent, thick hyperbolic 
profile with maximum thickness I4.O percent aft, which was 
calculated by the method cf F. Ringlet ( 2 ). Since the 
conformal transformation cf this profile is known, the 
theoretical pressure ■ distribution could be determined * 
exactly for the case of incompressible flew. Then by the 
use of the Brand tl rule one may extend the comparison of 
theory and experiment to the case of higher velocity of 
incident flow. 
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I. REASONS FOR THE INVESTIGATION 


It was known, from theoretical considerations 
respecting a wing with oblique flow Incidence, that 
the oblique flow Incidence caused by sweepback would 
have very favorable effect on drag. In the region of 
higher speeds (l). These theoretical conclusions have 
recently been confirmed by high-speed measurements of 
swept-back wings. Hence, it seemed desirable to carry 
out pressure-distribution measurements in a high-speed 
tunnel In order to get more light on the effect of 
oblique incidence of flow. 


II. THE MODEL AND THE EXPERIMENTAL ARRANGEMENTS 


The wing model had a chord of 80 millimeters and 
was made in a similar way to the model with flaps tested 
by us in the seme tunnel ( 3 ) « At the midsection, 
along the top and bottom surfaces, there were a number 
of pressure holes. Figure 1 shows the profile section 
as well as the three orientations of the wing in the 
wind tunnel. For oblique flow incidence, then, the 
section where the measurements were taken was oblique 
to the direction of flow and. perpendicular to the span 
axis. As described in reference 3> the wing was held 
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laterally in ro table jaws installed in the side of the 
tunnel . This arrangement was also used for the experi- 
ments in yaw, so that the angle of attack is defined as 
the angle perpendicular to the span axis. The measure- 
ments 7/ere carried out in the same way described in 
detail in our first report. No tunnel-wall corrections 
were made; that is, correction for the finite extent of 
the jet of air. 


III. DISCUSSION 0? THE EXPERIMENTAL RESULTS 


(a) Angle of Yaw j3 - 0 . - Figures 2 to 5 give the 
measured pressure distributions for aero angle of yaw. 

In order to minimise experimental error the pressure 
distribution was measured at both positive and negative 
angles of attack. Comparing the two series of observa- 
tions, it was found that there were small errors in the 
setting of the positive angles of attack, and that 
construction errors were present on the top side of the 
winy. For these reasons, the runs at negative angle of 
attack are presented in this section and in all the 
following sections; thus, the upper surface of the wing 
is used as the pressure side and in this way the accuracy 
of measurement is net very much impaired. 

The or e s sure- di s tr i bn t i on measurements at zero yaw 
show essentially the same phenomena that are known from 
numerous earlier measurements of other investigators. 

Here it is noteworthy that the hyperbolic profile, which 
is especially '//ell shaped to minimize local excess 
velocity, permits a shock-free flow to comparatively 
high Kach number. 

From the measured pressure distributions, c n and c m 
are determined in the usual manner. Figure 6 gives the 
graph of normal-force coefficient versus Kach number at 
constant angles of attack. As is already known from 
ether measurements , the increase of lift with compressi- 
bility acting is in agreement with the Prandti rule. A 
family of curves drav/n in the figure shows this. This 
agreement lasts until the velocity of sound is reached 
locally at the place cn the profile contour of maximum 
velocity. This limit is indicated by the dotted curve. 
From there on the lift begins to increase more steeply 
than predicted by the Prandti rule, but the lift 
subsequently goes into a steep decrease. This Dhenomenon 
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is also known from numerous earlier measurements. The 
same thing may be noted in the variation of the moment 
coefficient with Mach number. (See fig. 7*) 

Figures 8 and 9 give the variation of c n with 
angle of attack and also the graph of c m versus c n 

which determines the position of the center of pressure. 

If one fairs the curves with straight lines and determines 
the slope at the origin, one obtains the curves given in 
figure 10. The lift curve slope dc n /da in its dependence 
on Mach number should, according to the theory, likewise 
obey the Prandtl rule. One sees from the graoh that at 
high Mach numbers this is no longer the case but that, 
there is present an essentially greater increase of lift. 
This deviation from the Prandtl rule may, however, be 
explained if one considers that for measurements in the 
closed tunnel, the decrease of cross section caused by 
the model produces an increase of' velocity at the 
location of the wing relative to the velocity corresponding 
to M 0 , which is descriptive of the undisturbed flow 
ahead of the wing. A correction to tbe Mach number 
(fig. 11) may be derived (Lj.) from the dimensions, of the 
tunnel and of the model which takes care of this con- 
striction effect. Then the corrective curve given in 
figure 10 shows a very good agreement with the Prandtl 
rule „ 


The position of the neutral point is indicated by 
the graph’ of dc m /dc n versus the Mach number. One sees 
that a change in position of the center of pressure does 
not take place until the super critical region is 
reached, that is, until a compression shock occurs. 

Compered to other measurements this feature of the 
experimental results is worthy of note and may well be 
due principally to the favorable shape of the wing 
profile . 

(b) Angle of Yaw 3 = 20° .- Figures 12 to l^.give 
the experimental pressure distributions for the wing at 
an oblique setting of 20°. In the plots there will be 
found on the axis of ordinates specially marked the 
values of p/q corresponding , cn the one hand, to the 
greatest possible excess of pressure (M = 0) and, on 
the other’ hand, to the local’ Incidence of the velocity 
of sound (M = 1.0). As a result of the oblique incidence 
of flow, these limiting values require a correction 
compared with the corresponding values of wing at zero yaw, 
since the effective Mach number for the wing in yaw is 


NACA TM No. 1115 


5 


decreased by the cosine cf the yaw angle. In this way 
the pressure coefficient at a stagnation point is 
calculated to be: 



Actually, for the wing in yaw a stagnation point is no 
longer formed, since the flow at the leading edge goes 
to one side as .veil as tc the rear. Figure I4.5 shows the 
maximum pressure coefficient Ap/q 0 for U =0 at the 
three angles cf yaw at which measurements were taken. 

Taking into account the oblique incidence cf flow, 
the value of the pressure coefficient Ap/q 0 , corre- 
sponding to the local occurrence of the velocity of 
sound (M ='l) is: 



Figure I4.0 is a graph of this function for the three 
values of ya w angle used. From this figure one sees the 
considerable extension of the subcritic al region, 
especially at large Mach number, since on account of 
the yaw the critical pressure coefficient permits con- 
siderably higher Mach numbers to be reached before the 
velocity of sound occurs locally. Thus the pressure- 
distribution measurements at 20° yaw show a significant 
improvement of properties at high Mach numbers. The 
decrease of excess velocities, which indeed is to be 
expected even for incompressible flow as a result of the 
yaw (5), is evident in the case of high velocity, that is, 
with the influence of compressibility present, to a 
greater degree than would be expected from potential flow 
theory. 

It may be remarked that seme of the pressure holes 
in the ncse got stopped tip at angles of attack 1°, 2°, 
and 3°. Hence, the curves are represented with a dash 
line in this region. 
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Various quantities calculated from the measurements 
are contained in figures l 6 to 20. The variation of c n 

with the Mach number for constant angles of attack has 
become essentially less rapid than for the case of zero 
yaw. (See fig. 16.) If in the Prandtl rule, one takes 
into account the oblique flow, one gets the lift increase 
represented by the family of curves drawn on the figure. 
The agreement may be regarded as satisfactory although 
it is noteworthy that individual curves show a less rapid 
increase than is predicted by the theory. The dashed 
boundary curve shown indicates again those Mach numbers 
at which the velocity of sound occurs for the first 
time. For the variation of c m with the Mach number 
(fig. 17 ) the agreement with the theoretical curves is 
better. If one were to obtain the values of c m between 
the Mach numbers of 0.7 and 0.8 by extrapolating the 
measurements obtained at small Mach numbers, one would, 
in general, obtain slightly smaller values than those 
actually measured. This phenomenon which may also be 
observed for (3 = I 4 .O 0 indicates an influence of oblique 
flow Incidence which has not yet been explained. The 
lift curve slope increases more rapidly with the Mach 
number than would be predicted by the Prandtl rule. Eut 
this rosy also be explained by the constricted flow at 
the location of the wing. To be sure, in the case of 
oblique flow incidence, the constriction effect would 
not be present to such a great extent, so that the 
correction valid for zero yaw is no longer valid. The 
curve dc m /dc n shows initially a slight forward dis- 
placement of the center of pressure. This phenomenon is 
likewise patently connected with the oblique incidence. 

(c) Angle of Yaw (3 = Ip0° .- The experimental 
pressure distribution for (3 = I 4 .O 0 are given in 
figures 21 to 2lg. The reduction of pressure as a result 
of yaw is for p = 4 O 0 already so large that at small 
angles of attack compression shocks are completely 
avoided, although measurement could be continued to 
considerably higher Mach numbers than is the case of 
the wing at zero yaw. Not until M 0 is approximately 
C. 9 J 4 - or O .96 are separation phenomena which are caused 
by a compression shock to be observed. The change of 
pressure distribution, which is obviously caused by a 
shock, leads one to conclude, however, that in the case 
of oblique flow incidence there are other influences 
acting than in the case of zero yaw. For to a first 
approximation one would expect the pressure distributions 
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for zaro yaw and for yaw different from zero to agree if 
the effective Mach numbers were taken into account. 

Below the critical Mach number this is actually the case. 
It is, however, to be noted that this agreement no longer 
exists after the velocity of sound has been reached 
locally on the suction side of the profile, at least for 
the larger sweepbacks. 

Various quantities calculated from the pressure 
distributions attained at £ = )p0° are collected in 
figures 25 to 29 . 


Variation of normal force with Mach number at con- 
stant angles of attack showed a weaker increase than 
would be predicted from the Prandtl rule, taking into 
account the oblique flow incidence. The Increase of 
lift at high Mach numbers, which In a case of zero yaw 
first takes place when the velocity of sound is reached 
locally, is apparent in the esse of oblique flow Incidence 
before this critical limit Is reached, even though it is 
not strongly developed. The subsequent decrease of the 
lift either coincides with the boundary curve or takes 
place before the boundary curve is reached. On the 
whole, however, the influence of high speed on the 
normal force at p = l|C c is markedly diminished, which 
permits the unequivocal conclusion that one will obtain 
essentially more favorable relations at high speed by 
means of sweep back. At p = 2j.C° the effect cn the 
moment coefficient Is likewise still very small. Here 
again there is a small deviation of the observations 
from the Prandtl hule. Also the lift curve slope dc n /da 
up to the vicinity of M Q = 0.7 is flatter than would 
be predicted by the Prandtl rule. In the region of high 
Mach numbers the position of the neutral point shows a 
pronounced forward displacement which we have observed 
to a less marked extent for the 2C° yaw. Thus the results 
of the measurements not only confirm the theory but are 
slightly more favorable than the theory when it comes to 
ameliorating the effect of high speed. 


IV. COMPARISON CF SOME QUANTITIES CALCULATED FROM 

THE MEASUREMENTS 


Figures 30 to 33 give a comparison of certain 
quantities calculated from the experimental pressure 
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distributions for the three angles of yaw. It is especially 
noted that the neutral point is displaced to the rear under 
the influence of yaw. The cause of this displacement of 
the neutral point is not yet explained. Figures J2 and 33 
chow the normal-force coefficients - and the moment coeffi- 
cients - plotted versus the effective hach number for the 
different angles of yaw. If the approximation used were 
unconditionally valid, the curves for the three angles 
would coincide, or there could only be a small parallel 
displacement of the curves as a result of error in setting 
the* angle of attack. From this point of view, the agree- 
ment of the measurements with each other ^ is satisfactory 
up to the neighborhood of M Q cos (3 = O.o5« From this 
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In figures 3 Ip, 33 , and 38 certain experimental 
pressure distributions are plotted on the same sheet, 
including the correction for yaw, for purposes of 
comparison. According to theory the curves on one 
graph should coincide. Although the agreement at p ~ 20° 
is very satisfactory, the measurements at 6 = h0° show 
a systematic displacement in the direction of larger 
pressure deficiencies. The form of the pressure varia- 
tion and also the total lift which is represented by the 
area of the curve are practically unchanged. This 
observed change of the pressure distribution for 6 = ii0° 
obviously must be caused by an increase of the velocity 
on the upper and lower side of the profile. One would 
probably not be wrong in assuming that the augmented 
velocity in the case of oblique flow incidence is caused 
by a thickening of the boundary layer. This thickening 
of the boundary layer is itself caused by the lateral 
flow of boundary- layer material from wing sections lying 
farther forward in the direction of the flow. In 
figure 36 two pressure distributions are compared which 
were made above the critical region. Unf or tun a be ly the 



NACA TM No. 1115 


9 


result to be expected for £ - 1 + 0 ° could rot be reached 
since in this esse the pressure distribution would have 
had to be measured above K 0 = 1 . The agreement for 
P - C° and p = 20° is comparatively satisfactory. In 
the region of the highest velocities the measurement at 
P = 2C C shows greater pressure deficiencies. This may 
also be explained by the presence of a thicker boundary 
1 ayer . 


VI. COMPARISON OP THEORETICAL AND MEASURED 
PRESSURE DISTRIBUTIONS 


Figures 37 to I 4 J 4 . give a comparison of the theo- 
retical pressxire distribution and the results of measure- 
ment for the wing at zero yaw and different Mach numbers. 
The calculated pressure distributions for incompressible 
flow were modified by the Prandtl factor corresponding 
to the Mach number in question. Although in general 
there is a satisfactory agreement in the whole extent of 
the loops especially at small Mach numbers, there are 
especially at the nose of the wing essential deviations 
between theory and measurement which without doubt are 
to be attributed to an inaccuracy in the fabrication of 
the small winy model. In particular, it is seen that the 
calculated pressures near the leading edge are larger 
than the measured values at these places. A complete 
agreement between the model and the theoretical profile 
form is extraordinarily difficult to achieve in the 
vicinity cf the nose for at these places the smallest 
differences in the profile form must produce essential 
change in the velocity distribution. Taking into con- 
sideration these circumstances, the agreement may be 
regarded as satisfactory. 


VII. SUMMARY 


In this report are given the results cf measurements 
made on a symmetrical wing profile of 9 percent thickness, 
at 0 °, 20 ° , and I 4 .O 0 yaw which were obtained in the high-- 
speed tunnel of the Institute for Gas Dynamics at LFA - 
Braunchweig. Taking into account the known theoretical 
influence of yaw, a comoarison of the measurements with 
each other is undertaken which discloses certain systematic 
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deviation? between theor - ”- and measurement. On the other 
hand the pressure -distribution measurements make possible 
a comprehensive insight into the flow phenomena which are 
produced by oblique flow incidence. The results confirm 
unequivocally the beneficial effect of yaw in the high 
velocity region. 


Translated by K. R. Grummann 
McDonnell Aircraft Corporation 
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